A new electric propulsion device concept takes advantage of residual helium gas that is trapped in the chemical propellant feed system and currently unused at end of life. The helium ion thruster provides additional propellant resources to extend satellite lifetimes and transfer geostationary orbit space assets to ultrasafe disposal orbits. The predicted capability, if fully allotted to the disposal, allows for perigee heights above the geostationary altitude that are one order of magnitude greater than existing international guidelines of 250 km. Furthermore, the proposed helium ion thruster concept makes the classic propellant gauge uncertainty problem moot, as satellite operators could use all of their conventional propellant for nominal station-keeping operations. The helium ion thruster concept therefore mitigates future space debris arising from depleted assets in the geostationary orbit belt through both aggressive orbit raising and depressurization of satellites at end of life. An analysis of the helium ion thruster theoretical performance shows that the device could raise the altitude of an end-of-life 2500 kg, 5 kW spacecraft by 2200 km in two months using 2 kg of residual helium. 
= pre-disposal-maneuver mass, kg m p = propellant mass, kg P input = power supplied to the thruster, W P ionization = power required to ionize the propellant, W P other = power consumed by losses, W P thrust = jet power from the exhaust flow, W r = orbit radius, m r b = burnout radius, m t = time, s V B = beam voltage, V V NC = neutralizer coupling voltage, V v = velocity, m=s = efficiency factor accounting for beam divergence and double ion production = ratio of propellant and pre-disposal-maneuver masses VH = Hohmann velocity increment, m=s " = ion production cost, eV = thrust efficiency u = propellant utilization efficiency = ratio of I sp for the helium ion thruster and a nominal thruster = gravitational parameter of Earth, m 3 =s 2 = efficiency I. Introduction U NCERTAINTY in propellant reserve estimations, financial pressures, and lack of regulatory requirements have led to an alarmingly low success rate of geostationary Earth orbit (GEO) satellites reaching proper disposal orbits at end of life (EOL). Space debris hazards to assets in the GEO belt continue to increase in part due to this low success rate. The combination of the extraordinary value of GEO satellites, the crowded nature of GEO slots, and recent studies have highlighted that the space debris problem at GEO is of great concern to the entire space community [1] [2] [3] . Nearly half of all currently operating spacecraft are in the GEO environment [2] . Almost 20% of objects near GEO are abandoned assets drifting in all longitudes of the protected GEO ring while many intrude daily into the protected region [3] . A recent paper [2] argues that explosions in GEO are the greatest debris risk and suggests that the EOL guideline "does not improve the situation much, because even just a dozen explosions would be sufficient to double the average flux of debris. . . thus matching the effect of the existing background. . .a re-orbiting altitude at least 2000 km above GEO should be used."
Currently, the U.S. Space Object Catalog lists approximately 15,000 trackable objects accounting for approximately 5800 tons of on-orbit mass. The total debris population is thought to exceed 20,000 objects larger than 10 cm [4] . The catalogue maintenance problem is already an international concern of extraordinary size and complexity, and its scope is somewhat unbounded with the potential for exponential growth. Figure 1 shows the growth of trackable objects by category over the history of spaceflight. The evolution of fragmentation debris indicates the recent growth of hazardous objects and highlights the potential for exponential growth. Although the space debris problem is conventionally considered to be of greater concern in low Earth orbit (LEO) due to higher velocities and compact orbit geometry, the threat of space debris is present both in LEO and in GEO.
A recent survey found that 17% of the 869 objects near GEO are abandoned assets drifting in all longitudes of the protected GEO ring. Of the 48% drifting above GEO, many intrude daily into the protected region [3] . Despite the improved awareness in recent decades of the potential hazards of space debris, just under half of the decommissioned GEO satellites in 2005, and only 39 out of 117 in the years between 1997 and 2004, followed the recommended EOL guidelines. A recent paper [2] studies the orbit evolution of large area-to-mass particles and finds alarming growth in eccentricity that quickly endangers the protected GEO regions. Such high areato-mass particles are unfortunate artifacts of explosions and collision events.
A number of recent events have made space debris a critical issue. In 2010, Intelsat lost control of the Galaxy 15 GEO satellite. Currently, satellite operators are using propellant budgets on the active assets near Galaxy 15 to prevent a collision. However, if the rogue, fully fueled Galaxy 15 satellite collides with an inactive, indisposed GEO satellite, the results could be catastrophic to users of geosynchronous orbits. Future control failures of GEO space assets will only aggravate this situation.
Of the space-faring nations, only the United States and the former Soviet Union, until recently, had demonstrated the ability to destroy space assets with surface-based missiles. In 2007, China became the third nation to demonstrate antisatellite technology, and in doing so generated significant space debris, causing concern to the international space community [6] . The China antisatellite test demonstrated the unstable nature of the space debris environment; the antisatellite test nearly doubled the number of trackable fragmentation debris, thus significantly increasing the risk of unintentional destruction of other assets.
The unintentional destruction of U.S. space assets due to space debris has become a reality. In February 2009, a U.S. Iridium satellite was destroyed in an unprecedented collision with an expended Russian satellite. As new space assets are added to the high-value orbits and old assets remain in close proximity, satellite collisions will become more common. If steps are not taken to mitigate the problem, some researchers have predicted a cascading of collisions that is very difficult if not impossible to stop [7] .
The potential for loss of life as a result of space debris is present and real. Twice since the February 2009 collision, the crew of the International Space Station (ISS) has been forced to evacuate to the Soyuz modules as a result of close encounters with large pieces of debris [8, 9] . The Space Shuttle had numerous encounters over the course of its operation with small pieces of debris which damaged windows and thermal protection tiles critical for safe reentry [10] . In June 2011, the ATV-2 cargo resupply craft was forced to perform a collision-avoidance maneuver after undocking with the ISS because NASA predicted a collision event with a miss distance of 50 m. Had a collision occurred so close to the ISS, the resulting debris field could have critically damaged or even destroyed the station. The continued growth of the number of debris objects coupled with increased human presence in space could prove to be a lethal combination. Clearly, solutions are needed to mitigate and reverse this growing problem.
In this study, a supplementary EOL propellant system is proposed as a debris-mitigation solution in the GEO environment. The novel electric propulsion (EP) device uses residual helium gas trapped in the chemical propellant feed systems that are currently used for chemical-thruster-driven geostationary transfer orbits. The proposed system also provides valuable extensions to satellite lifetimes by allowing operators to use the entirety of their station-keeping propellant on nominal operations. At EOL, the system exploits the currently unused helium residuals to transfer the GEO satellite to a safe graveyard disposal orbit. Preliminary analyses suggest that an altitude up to 2000 km above GEO is achievable for the representative GEO spacecraft considered. The EP device is termed a helium ion thruster (HIT) and is a concept to mitigate space debris. The helium ions are electrostatically accelerated with biased grids to generate thrust. The use of the helium-fed EP device significantly reduces the threat of space debris in precious GEO slots by moving expended assets a safe distance from active assets in the GEO belt (mitigating collision risk) and actively depressurizing the chemical feed system (mitigating explosion risk). Furthermore, the HIT device will maximize nominal lifetime operations and has the potential to bring cost and performance value to government and commercial space operations.
II. Previous Work
To date, most developed thrusters that use helium as a propellant are the microwave electrothermal thruster (MET) and the arcjet [11, 12] . These thruster designs achieve the acceleration of their propellant gas by the addition of heat: electrothermal propulsion. The development of the MET originated at Michigan State University in the early 1980s [13] . The Michigan State University investigation was shortly joined by researchers from Pennsylvania State University [14] . Into the 1990s, NASA tested scaling up the power, and the Aerospace Corporation continued to support development [15] . The MET operating on helium has demonstrated a maximum I SP of 1330 s [16] and efficiency ranges from 60 to 75% [15] . Well Fig. 1 Evolution of trackable objects during the space age. Fragmentation debris has increased dramatically in recent years [5] .
before the envisioning of the MET, the idea of using helium in an arcjet was raised in the early 1960s. Although helium is a heavier atom than hydrogen, it is monatomic, and thus it is less prone to frozen flow losses [17] . The helium arcjet design has achieved a maximum specific impulse I SP of 760 s and thrust of 112 mN at a thrust efficiency of 50.2% [18] .
To date, helium-fed EP devices have not been used on space assets for a number of reasons. First, the theoretical ionization energy of helium is 24.6 eV, which is the highest ionization energy of all the elements. It is more than two times greater than that of xenon (12.1 eV), the most common EP propellant. This means that a significant amount of energy is wasted in the ionization process. On past low-power (<5 kW) satellites, the use of low-efficiency devices was not an option. Current and future generations of GEO satellites will operate at much higher powers (10-30 kW). Second, helium has an extremely small ionization cross section. The small ionization cross section results in a lower ionization rate of the propellant [19] . Thus, even if sufficient power is available, standard electrostatic EP devices cannot effectively use helium as a propellant.
The high ionization cost of helium leads to very low (<10%) electrostatic propulsion efficiency. Low efficiency requires high power to generate appreciable thrust, which until the last decade was not available at EOL. As of 2011, in an EOL GEO satellite application, engine efficiency is not a mission driver because the satellite has on the order of 10 kW of electrical power available with minimal payload demands. The driver at EOL is I SP because it determines the maximum velocity increment that the vehicle can obtain. Thus, the low molecular weight and extremely high I SP of an HIT system are well-suited to GEO EOL applications.
III. Proposed Concept and Expected Performance
For a helium-fed EP device to deliver the most substantial velocity increment to a GEO size communications satellite, a high I SP in the range of 5000 to 11,000 s is desired, which can only be achieved with electrostatic acceleration. The arcjet and MET concepts are insufficient for this level of performance. The next section details the expected performance of the proposed HIT device using helium.
A. Expected Performance 1. Helium as a Propellant
For a given electrostatic acceleration voltage (typically between 20 and 500 V), helium will have a higher ion velocity than xenon as a result of their difference in mass. Consequently, a higher I SP is attainable with helium than with xenon at the same acceleration voltage. In contrast, the efficiency of EP devices running helium is not as favorable due to the high ionization cost of the propellant. However, for this novel EOL application, the system can tolerate low thrust efficiency as long as the propellant utilization and I SP remain high. The low thrust efficiency is tolerable because, at EOL, the satellite has a significant amount of excess electrical power. Figure 2 illustrates the expected efficiency as a function of I SP for helium considering a range of acceleration voltages spanning from 20 to 260 V. The figure indicates an I SP range of 1000 to 11,000 s for the given range of acceleration voltages. The parameters and assumptions that fed into the computation of the efficiency curve are summarized in Table 1 . The parameters are conservative estimates based on existing EP technology.
In its most fundamental form, the thrust efficiency is defined in Eq. (1), where P thrust is the jet power from the exhaust flow, and P input is the electrical power supplied to the HIT. Equation (2) shows that P input is composed of jet power, P ionization the power required to ionize the propellant, and P other , which includes losses due to processes such as radiation. If we consider P other to be small in comparison to P thrust and P ionization , then Eq. (1) is equivalent to Eq. (3) [20] , where u is the propellant utilization, is an efficiency factor that accounts for beam divergence and double ion production, " is the ion production cost, V NC is the neutralizer coupling voltage, and V B is the beam voltage. The beam divergence and double ion production factor accounts for energy lost from ion trajectories not along the thrust vector and energy lost from stripping excess electrons from some ions. Equation (3) reveals the intuitive result that the thrust efficiency is maximized when the power required to ionize each atom is minimized. The I SP as a function of discharge voltage is given by Eq. (4) [20] , where e is the electron charge, m is the atomic mass of the propellant, and g is gravity. Equation (4) can be substituted into Eq. (3) to yield Eq. (5), which gives the efficiency as a function of I SP : P thrust P input (1)
By integrating the results of this efficiency analysis in with a continuous thrust model, an estimate of the orbit-raising capability of the HIT can be determined.
Continuous Thrust Model
Starting from the Gauss form of the Lagrange planetary equations, the time rate of change for a spacecraft's semimajor axis is known [21] to be da dt 2va 2 T m (6) where a is the semimajor axis, is the gravitational parameter for the Earth, v is the velocity, m is the spacecraft mass, and T is the velocity direction component of the perturbing thrust. For a GEO satellite, the eccentricity is approximately zero, leading to a r and v =r 1=2 . We assume that small perturbations (i.e., due to a lowthrust EP system) are too small to accumulate an appreciable eccentricity. We further assume that the direction of thrust is pointed entirely along the spacecraft velocity vector, the optimal energy raising direction for the zero eccentricity case. This simple control law (of full thrust aligned in the velocity direction) is near-optimal for the case of small eccentricity and leads to a simplified differential equation for radius that can be solved in closed form. Equation (6) then reduces to
Equation (8) gives thrust in terms of available power P, efficiency , and specific impulse I SP :
Although mass is a linear function of time, given in Eqs. (9) and (10), assuming a maximum thrust level and its associated constant mass flow rate,
The final differential equation governing radius is then
with a closed-form solution:
The burnout time required to burn m P units of propellant is
Therefore, applying t t B to Eq. (12), the burnout radius is
Note that the efficiency and power terms affect the burnout time but are canceled in the burnout radius. Therefore, only the propellant mass fraction and the specific impulse affect the burnout radius for a given starting radius r 0 r GEO and gravitational parameter Earth .
Orbit-Raising Capability
Using Eq. (14), Fig. 3a illustrates the expected burnout radius sensitivity to I SP and propellant mass assuming an EOL spacecraft mass of 2500 kg. Using Eq. (13), Fig. 3b shows the required flight time to complete the maneuver assuming the efficiency curve from Fig. 2 and a nominal power of 5 kW. From the contours, we show representative performance for three different design points in the (m P , I SP ) space in Table 2 . Figure 3 gives a preliminary performance picture of the broad design space for the HIT engine. The main assumptions of m 0 2500 kg and P 5 kW are chosen conservatively, noting that GEO satellites have typical dry masses of 1500-2500 kg and power levels of 5-15 kW [22] . The nominal mass of residual helium at EOL is estimated to be 2-4 kg. This mass is a conservative estimate based on publicly available listings of the propellant tank volumes of GEO commercial satellites built by Boeing, Lockheed Martin, and Space Systems Loral [23] [24] [25] [26] . The fuel mix, density of the fuel and oxidizer, and propellant mass lead to an estimate for a representative tank volume. Assuming an ambient temperature of 555 K and tank internal pressure of 17 atm, ideal gas law calculations reveal the estimate of the resulting helium pressurant stored in the propulsion system. The ambient temperature is intentionally selected to be high to account for a 'worst case' scenario; an ambient temperature of 350 K gives a range of pressurant mass between 3 and 5 kg. Considering a helium mass of 2 kg and I SP of 10,000 s, the EOL maneuver is capable of raising the orbit by 2200 km in 2 months. An I sp of 10,000 s is reasonable, given the results of the NuclearElectric Xenon Ion System and high-power electric propulsion ion thruster performance tests [27, 28] . Therefore, we estimate the performance of the HIT engine to provide almost an order of magnitude more capability than that necessary to meet the existing graveyard orbit perigee height (GEO 250 km) requirements. This seemingly excessive HIT capability barely satisfies the 2000 km threshold given in [2] that results from evaluating explosion debris fields at GEO.
A high-fidelity low-thrust trajectory optimization is considered to verify the approximations made to produce Fig. 3 . In this simulated problem, a GEO spacecraft is initiated with a circular orbit at 42,164.17 km, initial mass of 2500 kg, 2 kg of helium propellant, a 10,000 s I sp helium ion thruster, and 5 kW of power, translating to an effective power of 1.84 kW (or 1.83504655 kW for reproducibility Fig. 3 a) Orbit-raising capability and b) flight times for EOL maneuver using continuous, tangent thrust; dash-dash line: operating range for helium arc jet (state of the art, see Sec. II); dash-dot line: expected range for HIT. purposes) due to the 36:7% efficiency per the curve in Fig. 2 . The low-thrust optimal control problem is solved using the hybrid differential dynamic programming (HDDP) method described in [29, 30] . It is noted that the HDDP optimal control solver satisfies both the necessary and sufficient conditions of optimality. In this problem, the optimization procedure maximizes the final radial distance and is subject to a constraint of final eccentricity 10 4 . The flight time is fixed to 60.657 days (to burn exactly 2 kg of propellant). The force model includes only the two-body Earth term plus a constant-thrust term with an unconstrained direction and a magnitude given by Eq. (8) . The thrust direction is discretized to remain constant inertially across each 18 min time interval, and the angular orientation of the thrust is solved in the optimal control problem. The planar transfer takes 60 revolutions to complete and optimizes the thrust direction for 4865 thrusting segments. Note that the thrust magnitude is fixed at its maximum value, and the flight time is fixed to burn all of the allotted 2 kg. Therefore the typical minimum time or minimum propellant performance index is not relevant in this problem. Instead, thrust directions are optimized to maximize the final spacecraft radius subject to the low eccentricity constraint. Therefore, the solution delivers the spacecraft to the highest reachable circular graveyard orbit. Figure 4 shows the optimal time histories of the semimajor axis (with the GEO radius subtracted) as well as eccentricity and thrust angle at the end of each thrusting segment (where the angle is measured with respect to the inertial x axis). The spacecraft achieves an orbit raise above GEO by 2237.07 km compared to the 2237.91 km predicted by Eq. (14) .
A second optimization is performed to give an idea of the potential tradeoff between inclination changes and orbit raising. In this example, the problem parameters are the same, except a 0.75 deg inclination change is targeted. The optimal solution raises the height above GEO by 1454.7 km and again is subject to a final eccentricity constraint of 10 4 (deemed sufficiently close to zero). The 0.75 deg inclination puts the maximum departure out of the equatorial plane at 552 km.
B. Preliminary Cost/Benefit Analysis for Incorporating the Helium Ion Thruster System
A cost-benefit analysis seeks to determine if the same capability of the HIT system can be delivered by simply adding to the existing (no HIT) satellite design the equivalent mass of the HIT system in the form of propellant. The HIT concept hinges on the fact that its helium propellant is already available. Although the HIT is less efficient than chemical thrusters, the HIT system essentially receives its propellant for free. The added launch mass is only due to the 'dry' HIT system itself, m HIT . With an estimate for the dry mass for the HIT system, setting the orbit-raising performance of the HIT system equal to that of an alternative system constrains how massive the dry HIT system can be and still be beneficial to the spacecraft mass budget. The righthand side of the burnout radius expression from Eq. (14) is set equal to the same right-hand side with instead I SP I SP and m P m HIT , where I SP is for the alternative thruster, and the mass of the alternative thruster propellant is set equal to the dry mass of the HIT system. After solving for m HIT and rearranging terms, we arrive at a simple equation:
This value for m HIT represents the 'break-even mass' or the dry mass of the entire HIT assembly such that the 'existing GEO satellite HIT system with mass m HIT ' design has the same EOL orbit-raising capability as the 'existing GEO satellite additional m HIT propellant mass using nominal thruster' design. The break-even mass is expressed in terms of a given HIT and nominal specific impulse (I SP and I SP , respectively), EOL pre-disposalmaneuver mass m 0 , and mass of the residual helium available as propellant for the HIT. Rewriting Eq. (15) 
Now, performing a Taylor series of Eq. (16) in terms of and centered at 0, we achieve
Considering the size of the linear coefficient relative to the zerothorder coefficient, it is clear that, when 1=2 is small, the linear term bears little effect. In our application, is typically O10 3 , and could conceivably vary from 1 (in the case of a low-performing HIT compared to a high-performing conventional EP device) to 50 (in the case of a high-performing HIT compared to a low-performing chemical propellant). In all cases, the zeroth-order term in the Taylor series dominates, and the dependency on m 0 , is therefore removed, leaving a very simple approximation for the break-even mass:
Despite the fact that Eqs. (18) and (19) were derived using the burnout radius, Eq. (14), which assumes constant tangential thrust, the approximations in Eqs. (18) and (19) can also be shown to be valid for the case where the nominal thruster performs a two-impulse Hohmann transfer maneuver. 20), and last performing a Taylor series for m HIT in terms of small , the simplified result is identical to that in Eq. (18) . Therefore, the break-even mass approximation in Eq. (19) is valid for cost-benefit analyses when comparing the HIT performance to both low-specific-impulse chemical thrusters modeled with impulsive maneuvers and high-specific-impulse EP systems that use continuous thrust. The break-even mass is plotted in Fig. 5 for representative design points comparing to both types (chemical and EP) of nominal thruster systems. Considering Fig. 5a , if the HIT system using 2 kg of residual helium and producing an I SP of 8000 s is compared a nominal chemical propellant thruster with 329 s I SP , the break-even mass for the dry mass of the HIT system is m HIT 48:6 kg. Alternatively if comparing to an existing GEO satellite design that uses EP with I SP of 2200 s for EOL maneuvers (but which used a chemical thruster for its initial GTO maneuver), then the same HIT design break-even mass would be much smaller at only 4 kg.
Publicly available mass estimates of gridded ion thruster systems also at the stated 5 kW design point roughly indicate the mass of a fully developed and flight qualified HIT. Two gridded ion engines that fall into the 5 kW power range are the 25 cm Xenon Ion Propulsion System (XIPS) and the 22 cm radio-frequency ion thruster (RIT). The XIPS is a conventional discharge gridded ion thruster. It has a thruster mass of 15 kg and power processing unit mass of 21.3 kg for a rough total system mass of 36 kg [31] . The RIT is an ion thruster that operates via radio-frequency excitation as opposed to discharge excitation. It has a total system mass of 28.5 kg [32] . Although the RIT is similar in operation to the HIT concept due to their mutual use of radio-frequency excitation, a conservative estimate of HIT mass using the XIPS system mass leads to a 13 kg mass advantage over the chemical break-even condition for 2 kg of helium propellant. For a system with an EP system already onboard, the addition of an HIT, given the current mass estimate, is more costly to the spacecraft mass budget than simply adding additional propellant for the EP system.
It is emphasized that the estimated mass and other point designs discussed in this paper are only speculative until an HIT system is built and tested, and further work is performed to compute the usable mass of residual helium. The true performance will be a function of several driving parameters, where the resulting broad design space is captured in this preliminary study in Figs. 3 and 5 .
IV. Conclusions
In this study, a new electric propulsion device called the helium ion thruster (HIT) is proposed to simultaneously extend geosynchronous Earth orbit (GEO) satellite lifetimes and mitigate future debris risk. By leveraging helium currently used only for tank pressurization during GTO and already available on many modern GEO satellite designs, the HIT makes efficient use of a resource traditionally unused for propulsion. The proposed HIT concept is shown to enable an end-of-life (EOL) GEO satellite to be transported to an ultrasafe disposal orbit with perigee on the order of 2000 km above the GEO altitude. This perigee height, while nearly an order of magnitude higher than existing disposal guidelines, satisfies the more-stringent recommendations of a recent study that considers debris fields induced by explosions in the GEO environment. Satellite operators using the HIT architecture could completely deplete their onboard chemical propellant before considering an EOL disposal burn. Therefore, the disposal orbit burn can be removed entirely from the chemical propellant budget. Furthermore, unlike the current situation that is plagued by poor knowledge of propellant reserves at EOL (leading to incomplete disposal maneuvers), the HIT concept ensures sufficient maneuver capability for a successful disposal. The HIT system has potential to significantly improve GEO satellite lifetimes and bring value to both government and civilian GEO spacecraft operators. The mitigation of debris population growth in the GEO band and the ability to extend operational lifetimes makes the HIT an attractive option for further study in the consideration of GEO spacecraft architectures.
